A formula is derived to calculate structural wing mass. This formula can be applied to twin fuselage aircraft, conventional single-body aircraft and some other unconventional aircraft (such as the Voyager). The approach is particularly useful in the first stages of preliminary aircraft design and in optimization programs where the wing-mass calculation time is an important characteristic. The concept model assumes a nontapered inboard wing section, a tapered outboard wing section and fuel stored only in the outboard wing. The theory for the wing-mass estimation is described. Unlike the other mass formulae where mass spanwise distribution is considered by an "unloading coefficient," the present method integrates the mass spanwise distribution with the air load spanwise distribution. This allows more precise consideration of the wing geometry and mass unloading. There are no simplifications applied and the formula completely reflects the initial concept model. Good comparison with statistical data for single body aircraft is obtained. 
= doubled relative mass of /-numbered concentrated mass located on wing m* = previously iterated or expert-estimated wing structure mass n = number of concentrated loads on wing p = wing loading (total mass divided by wing area) Q = spanwise distribution of reduced shear resultant (internal to wing) q = spanwise distribution of reduced running load S = wing area T = absolute airfoil thickness t = wing thickness ratio (absolute airfoil thickness at z divided by wing chord at z) Z = spanwise absolute coordinate z = spanwise relative coordinate (spanwise absolute coordinate divided by half-span) a u = ultimate direct stress cr Us 1 Application of TEA can improve the situation. This scheme can be used for subsonic 23 and supersonic aircraft. For the latter, the interference between fuselages improves drag characteristics. 4 A multibody scheme has been considered for high-speed transport aircraft. 5 The preliminary design of a TEA is not a simple task, because there is not much experience or a database for this aircraft type. Therefore, the mass formula for TEA must be derived with statistical coefficients that consider only common structural design characteristics such as the mass penalty for providing service life or the joint-mass penalty. 1 The formula should consider all particulars of TEA in the computational model because there is no chance to improve the formula accuracy by comparing predicted results with experience. Another difficulty is the uncertainty of the flexible dynamic twist moment between fuselages. This moment depends on aircraft stiffness and capabilities of the asymmetric load aerodynamic compensation. The formula presented does not take into consideration flexible dynamic twist moment between fuselages.
Usually designers do not trust a formula if they do not know which assumptions and simplifications were made during the formula derivation, therefore, a complete derivation is presented. There are no simplifications during the derivation, and so the resulting formula completely corresponds to the concept model. As a consequence, any differences between calculated mass and an actual wing mass may be clearly revealed. This will simplify formula improvement in the future. Additional details about the derivation of the wing mass formula are given in report form. 6 ' 7
Theoretical Method
The relative mass of wing structure is a sum of components
The manufacturing factor is defined 1 aŝ
where k t have expert values within bounds presented in Table  1 . This coefficient k man may be decreased as low as 1.3 for large, advanced-technology aircraft. 1 The service life factor k sl is ultimate stress divided by panel fatigue stress.
The structural analysis is based on slender beam (EulerBernoulli) theory. The mass of elements required for twist moment is proportional to the mass required for bending moment.
1 The twist moment mass has been considered by the twist moment factor /c tw . It depends on the cosine of sweep, taper, and aspect ratio. POT conventional aircraft, 1 the formula for fc tw may be suggested 0.015\/A(1 + 2A)
(1 + A)cos A
Usually the spanwise distribution of structure, fuel, and engine mass are considered through an "unloading coefficient."
l Derivation of this coefficient will be more difficult if a complex form of wing or multibody fuselage scheme is used. The proposed approach implies consideration of the spanwise distribution of mass simultaneously with the lift distribution. The reduced quantities 1 at any point z are
Usually the approximate spanwise lift distribution q a has a standard form, exists in the preliminary design stage and may be considered at any spanwise point. Linear or quadratic approximation of the q a curve can be recommended. 1 The reduced shear force Q a (z) and the reduced bending moment M a (z) due to aerodynamic load are then The fuel mass spanwise distribution q f depends on the airfoil area as taken by Badiagin. 8 The wing structure mass spanwise distribution q s can be approximately obtained as a function of the chord spanwise distribution. The spanwise distributions of reduced shear and bending moment caused by a concentrated load (e.g., an engine) are for 0 < z < z c : for z c < z < 1:
We define the relative coefficient of structural mass caused by shear and the relative coefficient of structural mass caused by bending moment
The K Q and K M are the areas under the curves of relative shear and bending moment ( 
The coefficient E T considers the effective airfoil thickness and difference between loading on lower and upper wing panels.
The approximate value of E T is 1 1.1 where T l is the first wing spar thickness, T 2 is the maximum airfoil thickness, and T 3 is the most rearward wing spar thickness. Actual operating stresses and twist moment are considered by factors in Eq. (1). If the upper and lower torsion box panels have been made from different materials then average values can be used
Masses of other elements (e.g., flaps and ailerons) may be taken from existing methods. This theoretical derivation improves the accuracy of the wing mass formula by a more detailed calculation of mass spanwise distribution as compared to the method of Sheinin and Kozlowsky.
1 It includes all physical relations that are important for optimization programs.
Formula Derivation
The geometry of a TFA wing is shown in Fig. 2 . It is assumed that the inboard wing section is not tapered, and the inboard/outboard wing joint is located at the fuselage centerline.
Spanwise Distribution of Reduced Aerodynamic Quantities
The aerodynamic load spanwise distribution q a is related to the chord, 1 and
According to Eq. (4) and using the equivalence of lift force to aircraft weight on the basis of TFA geometry, we obtain Using a linear equation, one takes the spanwise distribution of reduced running load for 0 < z < z f (inboard wing):
The relative shear resultant Q a (z) due to aerodynamic force is for z f < z < 1:
"c "*r m c Fig. 2 TFA wing geometry.
for 0 < z < z f :
The spanwise distribution of reduced bending moment due to aerodynamic force is
The spanwise distributions of q a , Q a , and M a are shown in Fig. 3 .
Spanwise Distribution of Reduced Fuel Mass Quantities
First, the formula for maximum fuel mass that may be located in the outboard wing, must be derived. The wing fuel volume is This formula shows that for a heavy TFA it is possible to locate all fuel in the outboard wing, e.g., if z f < 0.35; A > 0.35; p < 700 kg/m 2 ; m > 400,000 kg then m fu > 0.3 for all other useful parameters. Locating fuel in the fuselage is better than in the inboard wing because the fuel weight unloads the inboard wing section. We will assume that the inboard wing section does not contain fuel.
The spanwise distribution of reduced values caused by fuel weight must be derived. It is assumed that the fuel tank area S fu (z) is proportional to the airfoil (wing cross section) area 5 airf (z), and the airfoil area is proportional to the chord c(z) multiplied by airfoil thickness T(z). An approximation is made by assuming a linear relation (Fig. 4) 
Spanwise distribution of reduced shear force caused by fuel weight is (30) for z f <z<l:
Spanwise distribution of reduced bending moment caused by fuel weight is for z f < z < 1: Af r fuW -f Gfu dz Figure 4 illustrates q fu , Q fu , and M fu .
Spanwise Distribution of Reduced Wing Structure Quantities
A linear approximation of wing mass spanwise distribution is recommended.
1 For a conventional tapered wing, the reduced running load caused by structural weight q * is The reduced bending moment caused by wing mass spanwise distribution is for z f < z < 1:
(46) Figure 5 shows q s , Q s , and M s .
Spanwise Distribution of Reduced Concentrated Load Quantities
The computational model has n h /-numbered inboard wing concentrated loads, and n 0 , /-numbered outboard wing concentrated loads. The relative mass of such a load isim^ or \m (6) and (7).
The fuselage is also a concentrated load and for our case it is characterized by the relative mass m f = 1 -m; -m fu - 
where and then
and outboard wing as Usually the integrand in Eq. (53) is negative in the range (0, z f ) for TFA (Fig. 6) . For an analytical integration, one desires that the quantity within the absolute brackets does not change sign in the range of integration so that the integral of absolute value is the absolute value of the integral. This assumption will be discussed later. Using Eqs. (8), (19), (31), and (44), we have
In the same manner
Assume that the quantities within the absolute brackets are positive (Fig. 6) . Further, according to Eqs. The actual operating stresses are considered in Eq. (1).
Structural Mass Required by Bending Moment
The integral in Eq. (9) can be represented as 
dz (59)
Assume that h ± 1. Otherwise division by zero will occur. If the formula is to be used for a nontapered wing, the integral in Eq. (61) must be rederived with H = 1. Using Eqs. (11) and (51) one can estimate mass of elements caused by bending moment without consideration of manufacturing and service life:
63)
The actual operating stresses are considered in Eq. (1).
Twist Moment Factor for TFA
The TFA wing has two sections with different sweep and taper. On the basis of Eq. (3) 
(65)
Range of Formula Application
It has been assumed that quantities within absolute brackets in Eqs. (53), (55), (59), and (61) are positive. But in some cases, this is not true. The spanwise distribution of mass needed to carry bending moment is shown in Fig. 7 in accordance with both the concept model and the actual physical bending moment mass. There is a difference between actual and formula mass when z f increases. The bounds of formula applicability in terms of z f must be obtained.
The wing root skin thickness is assumed to be set by strength requirements and is greater than minimum thickness requirements for manufacturing, otherwise, the formula must not be used. We require
where /c rib defined by Sheinin and Kozlowsky 1 (approximate value is 2); c tb -torsion box chord (approximate value is ic r , c, in Eq. (51)). According to Eqs. (4), (6) , (7), (22), (32), (33), and (45-47), one may write This formula also can be recommended for moderate-sized aircraft. The mass caused by shear is approximately 20 of the total wing mass and its influence on the formula accuracy is not significant. If the outboard wing is not tapered, then Eq. (61) must be rederived.
Mass of Other Wing Elements
The mass of other elements may be found by existing methods. Some formulae are presented below.
Mass of Ribs
The mass of ribs for TFA is m rib = m rrib + 2m /rib m ro (69) where m rrib is root rib mass; m /rib is fuselage rib mass; and m row rib is row rib mass (that are only aerodynamically loaded). The relative mass of conventional aircraft root ribs ra* rib is 1
1.Q5 x
where M r is the root bending moment (Nrri). For twin fuselage aircraft bending moments (Nm) at z = 0 and z = z f are
These integrals were seen previously in Eqs. (53) and (54). Considering the sense of the moment, and using Eqs. (51) and (71), we obtain 
Mass of Forward and Rear Parts of Wing Skin
The mass of forward and rear parts of wing skin (not loaded surfaces) in accordance with experience 1 is m sk = (3/p)
Mass of Flaps
The mass of flaps consists of components 
Mass of Ailerons
The relative mass of ailerons is 1 m ail = 0.035 ail ; 5 ail One can also use Eq. (80) for ailerons.
(81) 
Applications
The wing structural mass for TFA is obtained from Eq. 
Conventional Single-Body Aircraft
The mass formula [Eq.
(1)] can be used for conventional aircraft if z f equals the fuselage radius. The fuselage (inboard) wing-section geometry and loading are completely considered in this case. The twist moment factor is Eq. (3).
Results for several single body aircraft 9 are presented in Table 2 . The accuracy is within (-13.1, +11.7%) and rms error is 7.0%. The manufacturing factors were chosen through engineering judgement without access to manufacturing data. The chosen factors were not altered to drive the error to zero. (Otherwise, all errors could be made zero!)
For comparison, single-body results using the Torenbeek formula for class II estimation 10 are shown as the last column in Table 2 . The accuracy is within (-14.9, + 19.5%) and rms error is 11.1%. This equation is not as accurate as the equation developed above, but has the advantage of being simpler.
Details of the examples, comparisons with the Badiagin formula, 1 and spreadsheet calculations, are included in Ref. 7 . These will be of help to the practicing engineer.
Other Unconventional Schemes
The formula can also be used for aircraft with three or more bodies, if Eq. (67) 53) is recommended. The Voyager 9 corresponds to this case. The formula can also be used to calculate mass required to carry bending moment for the multibody scheme for supersonic aircraft. 
